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A Technique for Testing Airfoil Sections at Transonic Speeds

J. AIRCRAFT
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The Boeing Company, Renion, Wash.

Transonic airfoil sections have received renewed interest as the resull of recently developed
design techniques. This caused the need for a simple, versatile, and more rapid method of
evaluating airfoils in the wind tunnel. Airfoil test techniques in the Boeing Transoniec Wind
Tunnel were required to have minimum departure from the normal tunnel configurations.
The wing models were mounted vertically from the solid-floor turntable with a test region
contained between two large horizontal end plates. This technique produced accurate data
at a section Reynolds number of approximately 6,000,000. An on-line analog system provided
plots of the section pressure distribulions, wake profiles, and drag polars for immediate
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analysis. Also, flow-field stalic pressures, shadowgraph pictures, and boundary-layer surveys

were obtained.

Nomenclature
Cap = axial force coeflicient from integrated pressures
Cp = section drag coeflicient
(y, = section lift coefficient
Cxr = normal force coeflicient from integrated pressures
Cp = section pressure coefficient
Cp = gonic pressure coellicient
K = angle-of-attack factor to correct for model finite span
M = {reestream Mach number
Mpp = dragdivergence Mach number, dCp/dM = 0.1
Py = freestream static pressure
Pswr = wake-rake static pressure
Py = freestream total pressure
Prwr = wake-rake total pressure
@ = wind-tunnel dynamic pressure, psi
Ry = normal-flow Reynolds number
X/C = normalized chordwise coordinate
Y/C = normalized vertical coordinate
a = corrected angle of attack, deg
Qg = geometric test angle of attack, deg
3P»/Q = normalized total-pressure differential
» = model span fraction

Introduction

TP YHE Boeing Company became interested in transonic air-

foil testing over 20 yr ago when airfoil sections were being
designed for application to the B-47. The goal of this experi-
mental work was to extend the NACA low-drag airfoil infor-
mation by combining thickness and camber distributions to
produce improved acrodynamic performance with geometries
suitable for aircraft production. As a result, airfoil sections
were generated with structurally feasible shapes that avoided
concave surfaces. These successful experiments also served as
the basis for the wing designs of the B-52 and the 707 and 727
commereial transports.

The wind-tunnel apparatus used for these experiments is
illustrated in Fig. 1. All of the data were obtained by pressure
instrumentation on 6-in. chord models that spanned the 1-ft
gap between two airfoil-sectioned walls. Standard manom-
eter practice was used for the wake surveys and for the surface
pressures obtained with [reestream Mach numbers to 0.9 and
lift coefficients to 1.0. The envelope of drag divergences of
these airfoils is shown in Fig. 2 as 1945 technology. 'This air-
foil operating regime was typical for airplanes of the early jet
era. [t was against this background of successful airfoil de-
velopment that the new methods of design and testing were
required to show an improvement.
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Fig. 1 Transonic airfoil test apparatus of 1945.

Reasons for Renewed Interest in Transonic

Airfoils

A major reason for renewed interest in transonic airfoils is
the advent of aircraft designed to cruise at supersonic speeds.
The very high sweep angles necessary for efficient flight at
supersonic speeds require significantly higher section lift co-
efficients than are nccessary for subsonie jets. Also, super-
sonic airplanes operate at high section Reynolds’ numbers,
which, as indicated in Fig. 3, can give significantly higher lift
if taken into account in the design. This consideration be-
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Fig. 3 Typical viscous limitations on design lift.

comes less important as the freestream normal Mach number
is increased, which is shown by this figure.

Advances in the empirical and theoretical methods of tran-
sonic airfoil design have occurred for several reasons. Exten-
sive flight experience, with wings having transonic flow over
their upper surface during cruise, has shown that the turbulent
boundary layer can withstand, without separation, the pres-
sure gradients imposed by moderate shock waves. Hence,
airfoils can operate efficiently with extensive regions of super-
sonic flow on them, cven when this region is terminated by a
shock system. This has resulted in the generation of new de-
sign concepts for airfoils.v2  Recent studies of the turbulent
boundary layer provide significant improvements in the theo-
retical understanding of growth rate and separation charac-
teristics, and procedures for optimizing pressure distributions
governed by boundary-layer criteria have been illustrated in
principle.®* Another objective of the test method described
in this paper was to evaluate complex theories that predict a
shock-free supersonic zone such as that illustrated in Tig. 4.

When renewed transonie airfoil development was initiated,
the following test requirements were established: 1) Reynolds
number should be as high as practical, 2) side wall boundary
layer should be minimum, 3) transonic pressure relief should
be provided by the existing slotted-wall configuration, 4)
there should be minimum conversion complexity from the
normal test section configuration, 5) models should be large
for good dimensional accuracy, 6) test data should be accurate
and repeatable, and 7) latest instrumentation techniques
should be utilized.

Test Technique Adopted

The installation developed for transonic airfoil testing in the
Bocing Transonic Wind Tunnel is illustrated in Tig. 5. The
wing sections and the wake rake are cantilevered from the un-
slotted-floor turntable. The wake rake ean be moved normal
to the model chord plane and rotated, in addition to the turn-
table motion that maintains approximately correct rake posi-
tion. The rake is aligned by remote control to correspond to
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Fig. 4 Transonic airfoil section with idealized flows.
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the location and direction of the wake flow. Flow angularity
is indicated by a yaw head on the wake rake.

Tigure 5 shows the window in the upper end plate and the
mirror in the lower end plate used for the double-pass shadow-
graph system. In later tests, pressure taps were eliminated
from the mirror for image clarity. FEnd plate segments con-
taining pressure orifices or the shadowgraph mirror can be in-
terchanged in a segment of the lower end plate that is stabilized
by the strut shown in Fig. 5.

The size of the end plates was chosen to give a local lift
loading within £29%; of the mean value. 'This particular
geometry gives the test section a lift-curve slope equivalent to
an aspect-ratio seven wing, where the lower end plate serves
primarily as a floor boundary-layer splitter. The span loading
diagram and the aspect-ratio correction on angle of attack are
shown by Figs. 6a and 6b, respectively.

Static pressure distribution of the wing section is measured
with orifices located midway between the two end plates (Fig.
7). Additional static pressure orifices located on the lower
end plate determine the pressures in the transonic flowfield
above the airfoil.  These orifices can be seen in the mirror of
Iig. 5 and as sketched in Fig. 7. The various orifices and the
wake rake are connected to pressure transducers by means of
scanning valves. Figure 7 also shows the trip strip, which
consists of individual center-punch craters located at 109
chord on 0.4-In. centers with a mean lip height of 0.0022 in. on
a 20-in.-chord model.

Figure 8 iz a schematic representation of the data system
and the data plots produced by it. The system has two
branches. One gives on-line data for monitoring the test,
and the other records more accurate digital data for later proc-
essing.  These branches are indicated by the open and solid
arrows, respectively, with the common elements crosshatched.
In both cases the lift and drag are obtained by integration of
the surface and the wake-rake pressures. A novel feature of
the digital system is interpolation of the end plate data to give
flow-ficld isobars from the clectronie plotter.

Typical final data plots of wing pressure distributions and
wake profiles made by the electronic plotter® are shown in Figs.
9a and 9b. These plots are produced on a General Dynamics
SC 4020 machine that uses a digitally controlled cathode-ray
tube trace to expose a 35-mm film, which serves as final data

Fig. 5 Transonie airfoil test installation in 8- X 12-t
tunnel.
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Fig. 6b Theoretical angle-of-attack correction.

storage and vellum copy source.  This data system makes the
final acrodynamic data available overnight. A two-shift test
period, which is generally devoted to investigating a given
airfoil, produces about 150 individual plots of the tvpes
shown.

Sufficient angle-of-attack and Mach number combinations
are run to give good definition of the drag divergence bound-
ary throughout the airfoil 1ift range. It has been possible to
obtain good data into the buffet region of the airfoil, although
when the shock wave gets extensive in height, double position-
ing of the wake rake becomes necessary for accurate drag
measurements.

A schematic of the double-pass shadowgraph is shown in
Fig. 10. The double-pass light path was required by the can-
tilevered model installation, which permitted access from only
one end. A single-pass system was attempted earlier by pho-
tographing the shadow image cast on the lower end plate, but
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the shadow resolution aud oblique angle of the picture made
this approach unsatisfactory.

Additional constraints on the shadowgraph system were the
transonic slots in the tunnel ceiling, This forced the system
off-center laterally to a window located between slots and re-
stricted the window width (or the picture height) to 8 in.

BTWIT 843  TR654M-5  JUN 03, 1964
SYMBOL ALPHA  Cyp  Cpp  MACH 0 ALPHAG
° S308 3T 082 L616 3500 -3.00
] 2.9 a1 062 615 350 .00
o 200 .0 014 65 3499 400
o 315 %9 -.0051 . L677 3.520 5.5
A 439 L5z -8  .676  3.510  7.00
2.0 — - o
| P
k o
——4 N
L5 o =
ol 5 NN
o \
Lo | LN, r/rjjﬁ Ll L
DN SEESN a
-5 P T T T
74,4’ Ty ] T "\r\"\
.0 o i o A «r/ﬁi e =g H
o
e ] == el LT =Ty
5 I WING 19.0
‘ RUN 68
. i k — o
Lol L] e
-1 0 1 2 23 | 3 6 7 8 a 1.0
XiC

Fig. 9a  Electronically plotted section pressure distribu-
tions.
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Fig. 10 Double-pass shadowgraph schematic.

The spherical mirror linits the chordwise field coverage to 10
in., so that fwo pictures are required to cover the boundary-
layer development and the downstream part of the sonic re-
gion as shown by Figs. 11a and 11b. 'The dark shadow of the
target mirror in these photographs was eliminated subse-
quently by off-setting the light system to hide the shadow be-
hind the model.

The photographs of Figs. 11a and b show typical flow condi-
tions above and below drag divergence that result from shock
interaction with the boundary layer. Sonic lines are sketched
onto these figures to illustrate the supersonic-flow-region
correlation available {rom pressure orifices in the interchange-
able end plates. It is fairly typical of conditions in the drag
divergence regime that strong interaction oceurs between the
shock waves and the sidewall boundary layers, so that the
end plate pressure data are used primarily below the drag
divergence. The poor correspondence in Fig. 11b between
the shock position and the end plate sonic region is the result
of such sidewall boundary-layer interference.

Two types of boundary-layer surveying devices are used to
meagsure the boundary-laycr development over airfoil surfaces.
A single fine probe is used to measure thin boundary layers on
the forward part of the airfoil, whereas a rake is used to meas-
ure boundary layers near the trailing edge of the airfoil
where the boundary layer is significantly thicker. These
measuring devices, in conjunction with the wake rake, are
used to investigate the complete history of the boundary layer
through those conditions (angle of attack and Mach number
combinations) that lead to separation. These data are ob-
tained on repeat runs chosen to provide correlations between
the momentum and displacement thickness distributions
measured and those computed from the corresponding pressure
distributions. Surveys are taken off-center from the model
test section to minimize the interference of the centerline
array of pressure taps with the boundary layer being meas-
ured.

Evaluation of Technique

One of the methods used to determine the adequacy of this
test method was to compare data on an NACA thickness
distribution airfoil with similar data from NACA facilities.
A symmetrical section was fested to establish a zero-camber
performance reference for other work which also then served
as an evaluation section. Results of comparing this NACA
65-010.4 scetion data with NACA 64-010 64A010, and 64A012
data from Langley and Ames tunnels®’ are shown as Figs.
12a and 12b.

Figure 12a compares drag divergence Mach boundaries for
the sections that all have zero camber but differing thickness
distributions. Drag divergence for this comparison has been
defined as dCp/dM of 0.1. The NACA tests were made at
a Reynolds number of 1,000,000, whereas the Boeing tests
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were at 5,500,000. This test condition difference could
influence the shock-induced boundary-layer separation to
occur sooner in the NACA tests. It is striking to note that
the 109, sections had a lower drag-divergence Mach boundary
than the 129, section tested in a different NACA facility.

The Boeing tests of the 10.4%-thick section showed some-
what higher Mach number for drag divergence than the
thinner NASA section of 10.09, thickness. Since only un-
tripped boundary-layer data were available from NACA
tests, the Boeing data also were taken without tripping the
boundary layer. It was concluded from these results that
reasonably good drag divergence data could be obtained by
this test technique, at least within the scatter of other resulis.

Lift eurves and drag polars, shown as Fig. 12h, indicate
similar correlation with the NACA data. The NACA 64-010
lift-curve slope is closest to the Boceing test data, whercas the
6A-series 10 and 129, scetions have lower slopes with the
thicker section being lowest.  Drag polars show the most
pronounced influence of the higher Reynolds number used in
the Boeing 65-010.4 airfoil tests. Not only is there a sig-
nificant reduction in skin frietion, but the drag force break
oceurs at a slightly higher Iift coefficient, which is opposite to
the effect normally expected from a more rearward maximum
thickness section.

Although these checks against results from other facilities
provided reasonable confidence in this test apparatus, it should
be borne in mind that usage is primarily for airfoil develop-
ment. This emphasizes relative airfoil performance more
than absolute data or strict correlation with other facilities.
Therefore, data reproducibility {rom one test period, or por-
tion of test, to another is of primary importance. When care
has been taken with the model surface finish, trip strip, end
plate sealing, etc., the test data have been duplicated quite
accurately.  This has been determined in several cases where
the original data were later extended by more detailed testing.

Another criterion of test technique adequacy is the two-
dimensionality of the airfoil flow between the end plates.
Figures 13a and 13b show the fairing of end plate isobars to
the airfoil surface pressures measured al the center of the
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airfoil. These plots indicate a smooth fairing at the front of
the airfoil, but at the downstream end of the isobars there is
considerable discontinuity. This set of pressure data was
used to obtain the sonic lines superimposed on the shadow-
graphs of Figs. 11a and 11b.

The end plate sonic line position in Fig. 11b shows that,
when there is appreciable shock wave interaction with the
boundary layers on the end plates and the airfoil, there is a
definite degradation of the flow two-dimensionality. Some
flow visualization studies of the model surface conditions
showed that there was corner separation where the end plates
join the airfoil. However, this occurred over a small fraction
of the test span and scemed to cause little trouble in determin-
ing the drag divergence boundary. The major effeet was
degradation of the end plate pressure measurements due to
the end plate boundary layer, but the shock wave shadow-
graphs accurately showed the field flow conditions correspond-
ing to the centerline surface pressure measurements.

Effect of End Plate Size

Tests to date have indicated that extensive regions of
supersonic flow with local Mach numbers up to 1.5 can be
obtained over the upper surface of an airfoil. These super-
sonic flow regions extend almost to the top of the upper half
of the end plate. The present end plate size will probably
limit the maximum local Mach number that can be obtained
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over the airfoil while maintaining reasonable approximation.
to two-dimensional flow conditions. To check this, an end
plate of twice the height has been tested. It was found that,
although there was a substantial change in the effective aspect
ratio of the model appropriate to the difference in end plate
size, the character of the aerodynamic results did not other-
wise change. This would indicate that the end plate diameter
of two chords is adequate for testing airfoils well into the drag
rise,

Associated with the size of the end plate is the end plate
boundary layer. The separation properties of the 40-in. end
plate boundary layer have been marginally satisfactory to
date. For future wing sections, having higher lift and Mach
capability, separation of the end plate boundary layer may be
a limiting factor. Therefore, end plate blowing boundary-
layer control will be investigated to determine the extent of
interference imposed by such separation effects.

There are no corrections applied to the test data for block-
age or wind-tunnel wall effects.  Actually, the single wall slot
in the immediate vicinity of the model provides an unknown
high-speed flow environment for this installation. However,
based on tests of 707 wing sections that correlated fairly well
with known free-flight results and the NACA data correlations
just discussed, the configuration provides sufficient pressure
relief to eliminate the need for such corrections.

Another limitation may occur when the pressure gradients
imposed on the tunnel floor boundary layer are sufficient to
cause local flow choking below the lower end plate. It also
could cause excessive upflow at the leading edge of the lower
end plate and result in a flow separation. Again, it may be
necessary to enforce some methods of control over this flow
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condition at higher Mach number, if it becomes a significant
problem.

Performance of the Wake Rake

The wake rake shown in Fig. 5 has an upper row of static-
pressure tubes in the “biplane” structure and a lower row of
total-pressure tubes. The large tube at the support end of
the total-pressure array is a yaw head. The formula used to
compute the drag from the wake measurement is based on the
Betz formula modified for compressibility. The measuring
station is 309, of the chord downstream from the trailing
edge. This position was chosen as a reasonable compromise
between the lateral spread of the wake profile and the value
of the peak total-pressure loss. At this station, the static-
pressure measurements correct the value of computed drag
by 2-49, as compared with the results obtained by assuming
that the pressure at this point is freestream static.

Conclusions

The technique described for testing airfoil sections at
transonic speeds offers the following advantages over that used
previously at Boeing: 1) the large models can be constructed
more accurately, permitting more sophisticated variations in
airfoil design and test techniques, 2) the Reynolds number is
significantly eloser to fullscale conditions, 3) sidewall bound-
ary-layer effects are minimized, 4) on-line analog data permit
continuous monitoring and control of the test program to
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optimize tunnel utilization, 5) conversion of the tunnel to
the transonic airfoil testing configuration is minimal, and 6)
electronic data processing and plotting provide overnight
availability of the final results.

It has been possible to obtain accurate data well into the
drag rise and buffet regions of airfoil operation. However,
this testing technique possesses limitations to the maximum
test Mach numbers and flow conditions that have satisfactory
two-dimensional flow in the airfoil test region.
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